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RESEARCH MEMORANDUM 

A PRESSURE-DISTRIBUTION INVESTIGATION OF A SUPERSONIC-AIRCRAFT 
FUSELAGE AND CALIBRATION OF THE MACH NUMBER 1.59 NO ZZLE 
OF THE LANGLEY 4— BY 4— FOOT SUPERSONIC TUNNEL 
By Morton Cooper, Norman F. Smith, and Julian H. Kainer 


SUMMARY 


Pressure-distribution tests of a supersonic-aircraft fuselage with 
and without canopies (body of revolution without canopies) have been 
conducted in the Langley 4- by 4-foot supersonic tunnel at a 
Mach number of I .59 and a Reynolds number of 2.60 X 10°. These data 
were obtained upon completion of a series of calibration tests of the 
nozzle at a Mach number of I. 59 . The results of the calibration tests 
indicated that the flow properties in the test section have a 
relatively high degree of uniformity and are suitable for aerodynamic 
testing. 

For the fuselage without canopies (body of revolution), good agree- 
ment between experiment and theory was indicated at small angles of 
attack. At the higher angles of attack, the maximum discrepancies 
occurred in the vicinity of the fuselage side (0 = 90°). 

For the complete fuselage configuration (with canopies), a 
localized positive pressure peak existed over the windshield. This 
peak,- together with the remainder of the pressures on the upper surface 
of the canopy, can be estimated with sufficient accuracy for most 
structural design purposes. , 


INTRODUCTION 


With the advent of supersonic flight by piloted aircraft, an 
immediate need exists for data applicable to aircraft designed for 
supersonic operation. Consequently, a pressure-distribution investi- 
gation of a large model of a fuselage of a sweptback— wing airplane has 
been conducted in the Langley 4- by 4— foot supersonic tunnel. The test 
model was selected to represent a supersonio-aircraft configuration in 
order that fundamental data having immediate practical interest would 
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"be obtained. Since the "basic fuselage without canopies is a body of 
revolution, these experimental results are applicable for missile 
configurations as well. 


This paper presents the pressure measurements over the fuselage 
with and without canopies at a Mach number of 1.59 and at a 
Reynolds number of 2.60 x 10- . 3h addition, comparisons of the experi- 
mental results with theoretical calculations are presented. 


This paper contains a brief description of the Langley 4— by 
4— foot supersonic tunnel and somewhat detailed calibration data to 
serve as a reference for future papers. 


SYMBOLS 


Free-stream conditions : 

P 
V 
a 
M 

3 
q 

p 

Fuselage geometry: 

a angle of attack of fuselage center line measured in 

plane of symmetry of airplane 

0 fuselage polar angle, degrees (0° at bottom) 

Air— stream geometry: 

Qg angle between tunnel center line and flow direction 

measured in a horizontal plane (positive to right 
when viewed looking upstream, fig. 2) 


mass density of air 
airspeed 

speed of sound in air 
Mach number (V/a) 


/ 

Mach angle (sin 


^ h) 


dynamic pressure 


( rpV 2 


\ 2 


static pressure 
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angle between tunnel center line and flow direction 
measured in a vertical plane (positive for upflow, 
fig. 2) 


Pressure data: 


Pi 


local static pressure 


P 


pressure coefficient 


P2 ~ P 


LANGLEY k- BY i*-F00T SUPERSONIC TUNNEL 
General Description 


The Langley L— by 4— foot supersonic tunnel is a rectangular, 
closed— throat, single- return wind tunnel (fig. 1) driven by a seven- 
stage axial— flow compressor. The compressor has a design maxi rmim 
compression ratio of 2 and volume flow of 870,000 cubic feet per 
minute. The tunnel has been designed for a nominal Mach number range 
from 1.2 to 2.2 and is powered by a 6000— horsepower electric— drive 
system. With the present power, the stagnation pressure is limited to 
approximately 0.3 atmosphere. -The nominal operating stagnation 
temperature is 110° F with controls available to maintain any temper- 
ature in a range from about 85° F to lh0° F. The cooling coils are 
located diagonally in the corner downstream from the compressor. The 
tunnel air is dried prior to and during tests by passage through an 
external drying circuit consisting of a circulating pump and an 
activated alumina dryer. The dryer is capable of reducing the stag- 
nation dew point to about -60° F. It has been found in practice, 
however, that the present leak rate of the tunnel ^equivalent to a 

i —inch— diameter hole ) , coupled with the relatively small dryer 
o 1 

capacity, establishes a practical lower limit of about —35° F. Seal- 
off doors are provided in the tunnel passage to isolate the test 
section during model changes. 

At the present time, the tunnel is in a transitory state with 
repowering installations in progress to increase the tunnel power 
to h-5,000 horsepower. This will result essentially in an increase in 
tunnel stagnation pressure from the present limit of 0.3 atmosphere 
to approximately 2.0 atmospheres with corresponding increases in test 
Reynolds numbers. 
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. Supersonic Nozzle and Test Section 

General description ,- The tunnel has a rectangular nozzle and test 
section (fig. 1) consisting of two fixed parallel side walls and two 
horizontal flexible nozzle walls; the side walls and nozzle walls are 
25 feet long and are continuous from a point 66 inches upstream of the 
throat to the end of the test section (fig. 2). For the existing 
Mach number 1.59 nozzle, the test section has a width of 4.5 feet, a 
height of 4.4 feet, and a length of uniform-flow region along the wall 
of approximately 7 feet. 

The supersonic nozzle and test section are formed by deflecting the 
horizontal flexible walls against a series of fixed interchangeable 
templates which have been designed to produce uniform flow in the test 
section. The deflection of the nozzle walls, which are O.465 inch 
thick, is accomplished by means of a series of jacking screws attached 
to transverse corrugations on the outside of the flexible walls. These 
corrugations, which are fastened to the flexible walls by means of 
studs welded to the under side of the plate, serve to increase the 
transverse . stiffness of the nozzle plate and to distribute the jacking 
loads, thereby minimizing local wall irregularities. For this series 
of tests, temporary mild steel nozzle plates were used in place of the 
permanent set of machined and polished stainless-steel plates. Though 
these temporary plates were not machined and did contain some extremely 
small periodic waves caused by the corrugation stud welding, the flow 
in’ the test section is relatively uniform and the effect of these waves 
appears small. 

Aerodynamic design .— The nozzle for the' Langley 4— by 4— foot 

supersonic tunnel was designed by the method of characteristics for a 
test— section Mach number of 1.606. In anticipation of the repowering, 
a boundary— layer correction for 1 atmosphere stagnation pressure was 
estimated by the method of reference 1. In applying this correction, 
the displacement thickness of the boundary layer was computed along the 
nozzle walls, and it was assumed that the same thickness existed along 
the side walls. The combined effect of ' both boundary layers was then 
arbitrarily applied to the ordinates computed by the method of charac- 
teristics to satisfy one-dimensional continuity relations. Since all 
the results presented in this paper were obtained at a stagnation 
pressure of O.25 atmosphere, it should be expected that the test- 
section Mach number would be lower than the theoretical value of I.606 
because of the more rapid growth of the boundary layer at the lower ' 
pressures (lower Reynolds numbers). 'The magnitude of this decrease in 
Mach number was estimated from one— dimensional considerations as 0.012 
at station 241. (See fig. 2. Station 24l is the main tunnel calibra- 
tion station. ) Since the effects of condensation at normal operating 
conditions are to further reduce the Mach number from the isentropic 
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value "by an Increment of the order of 0.003 (see section entitled "Test- 
Section Calibration" ), the estimated theoretical Mach number of I .59 
for the- actual operating conditions compares favorably with the 
measured tunnel Mach numbers . 


Test-Section Calibration 

A series of calibration tests were conducted to determine the 
Mach number and flow angularity distribution in the test section of the 
tunnel. In addition to establishing quantitatively these flow param- 
eters, tests were undertaken to define the operating dew-point criteria 
for minimizing the adverse effects of condensation on the flow in the 
test section. 

Apparatus .— The principal surveying instrument used during the 
calibration was a cruciform probe. (See figs. 3 (a) and 3 (b).) This 
probe consisted of four 5 ° wedges of rectangular plan form mounted 
radially with a 90 ° spacing about a circular cylinder having a conical 
nose. One surface of each, wedge was in a plane containing the axis of 
the probe. A static-pressure orifice was located in the two-dimensional 
region of this surface of each wedge. This arrangement simulated 
two 0° wedges at right angles to each other. In addition, a total- 
pressure tube was mounted on the probe (fig. 3 (a)) so that a total- 
pressure survey could be made simultaneously with the static— pressure 
measurements. From these five pressure readings, the flow angles, 

Mach number, and static pressure were calculated by the shock and 
expansion relations.. During these surveys, a pitot>-static probe 
(fig. 3 ( c ))> which was designed on the basis of the calibration results 
presented in reference 2 , was also used to establish and to check 
accurately the static pressure and Mach numbers as determined from the 
cruciform probe. 

Tests .— The initial series of tests consisted of systematically 
varying the stagnation dew point, pressure, temperature, and compressor 
speed through the following ranges to establish the operating condi- 
tions of the tunnel: 


Stagnation pressure, atmosphere . 0.125 to 0.3 

Stagnation dew point, °F , —36 to 40 

Stagnation temperature, °F 85 to 140 

Compressor speed, rpm 1200 to 1300 


During these tests, static-pressure measurements were made throughout 
the nozzle and test section. After the stagnation operating conditions 
(pressure of O .25 atmosphere, dew point of —35° E, and temperature 
of 110° F) were established, an axial survey (direction of the x— axis; 
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fig. 2) was made for these conditions. Data were obtained from the 
cruciform probe at 2 — inch intervals in the test section from 
station 215 to station 298 (a length of 83 in.) at a distance 1 inch 
below the tunnel center line. In addition, a transverse survey 
(direction of the y— axis; fig. 2 ) was made simultaneously for three 
positions — 9 ^ inches above, on, and 9^- inches below the tunnel axis 
at station 241. (See fig. 2.) 

Corrections .— During the axial calibration of the test section, it 
was found that the cruciform probe indicated an erroneously high static 
pressure, resulting in an indicated Mach number which was low by 
about O.O 3 . This Mach number decrement was believed to be caused by 
either the forward propagation of the positive interference pressures 
from the Juncture of the wedges and the cylindrical central body, or 
the closeness of the orifices to the Mach lines from the corners of the 
measuring planes. Calibration of the probe through an angle-of-attack 
range of ± 1 °, however, indicated that although the absolute static 
pressure was' in error, the indicated variations in static pressure were 
correct to within O.O 3 0 flow angle (within the experimental accuracy of 
the tests ) . In order to establish the absolute pressure and 
Mach number from the data obtained with the cruciform probe, it was 
necessary to use a pitot- 6 tatic probe." (See fig. 3 (c).) By comparing 
the static pressure and Mach number determined from both the pitot- 
static and cruciform probe at the same point in the tunnel, it was 
possible to establish the cruciform— probe instrument error and in this 
way determine the absolute Mach number and static— pressure variations 
in the tunnel. The accuracy of the results obtained from the pitot- 
static probe was further checked by individual static— and total- 
pressure probes and by measurements made on the surface of a cone. In 
addition, the mean value of the corrected static pressure, determined 
from an average of all the cruciform-probe data obtained throughout 
the axial survey, agreed, within experimental accuracy, with the 
average value of the wall static, pressures obtained over a corre- 
sponding length of the test- 6 ection wall. 

During the air-stream surveys, eight different cruciform probes 
were used, six simultaneously during the transverse surveys and two 
during the axial survey. The probe angles were accurately measured in 
the vicinity of the static orifices and it was found that there was, in 
general, a slight included angle between the parallel planes which was 
less than O. 5 0 in all cases. In order to facilitate the reduction of 
the data, it was convenient to use the basic shock-expansion relations 
computed for a 0° wedge and to apply a computed Mach number correction 
of 0.0023 per tenth of a degree included angle. Because of the small 
magnitude of the included angles and the linearity of the pressure as a 
function of angle in this range, there is no correction to the flow- 
angle variations indicated by the wedges. 
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During the axial survey, the geometric— prohe angles were deter- 
mined. relative to the tunnel center line so that the flow angles could 
he established with this as a reference. In the transverse surveys, 
no geometric angles were measured. However, it was possible to estab- 
lish the geometrio-flow angles along the transverse survey on the 
y-axis (fig. 2) from the common point with the axial survey. For the 

vertical-flow angles (0y) 9^ inches above and below the test— section 

axis (y-axis; fig. 2), it was possible to calculate the geometric 
angles on. the vertical plane of symmetry (x— z plane; fig. 2) from the 
axial survey by assuming two-dimensional flow and constructing the 
characteristic net. The validity of this procedure was previously 
established by a comparison of the measured Mach numbers and horizontal- 
flow angles (9^) on the axial survey (along the x-x axis; fig. 2) with 
values computed from the transverse (y— y axis; fig. 2) survey. The 
agreement was good and was within the experimental accuracy of the 
tests. (See section entitled "Results and Discussion".) There is no 
apparent method from the data available for the accurate determination 

of the geometric hori zontal— f low angles (0jj) 9jl inches above and below 
the tunnel center line. However, from installation considerations and 
a comparison of these data ^9^ in* above and below tunnel center line^ 

with the tunnel— center-line data, it is probable that the angles of the 
probes relative to the tunnel center line were extremely small and the 
flow angles obtained directly from the probes were nearly equal to the . 
geometric— flow angles relative to the tunnel center line. 

From an analysis of the data obtained during the calibration tests, 
the probable errors in the measurement of the flow angles and 
Mach numbers were computed by the method of least squares and are as 
follows : 


Absolute flow angles, degrees ±0.1 

Flow— angle variations, degrees ±0.05 

Mach number variations ±0.003 


Based on a comparison of the Mach number calculated from the 
pitot— static probe, individual static— and total— pressure tubes, wall 
static pressures and settling— chamber total pressure, and total- 
pressure readings in the test section and the settling chamber, it is 
estimated that the absolute value of the Mach number is accurate to 
within ±0.01. 

Results and discussion .— A representative phase of the results of 
the dew-point investigation is presented. in figure 4. In this figure, 
the wall— pressure data have been presented in terms of indicated 
Mach number (based on isentropic total pressure) as a function of 
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stagnation dew point at four representative. wall stations along the 
test section for the range of compressor speeds for supersonic flow. 
Though the indicated Mach numbers are in error when condensation occurs 
(the actual Mach numbers will be lower because of the loss in total 
pressure due to condensation), they show the pronounced importance of 
the dew point on affecting the flow in the test section. The large 
decrease in indicated Mach number from a value of about 1.60 at a dew 
point of -36° F to about 1.44 at 40° F is shown. Based on the results 
of these tests, coupled with additional measurements in the free 
stream, it was concluded that all tests should be, conducted at a dew 
point of or below —35° F. Even at —35° F, there is a loss of one— half 
of 1 percent in total pressure which can be directly attributed to 
condensation since tests at still lower dew points eliminate this loss 
in total pressure. The necessity for operating at such low dew points 
is a consequence of the low stagnation pressures. With a dew point of 
—35° F, the specific humidity is relatively high, 0.00043 (pounds of 
water vapor per pound of dry air) for a stagnation pressure of O.25 
atmosphere. 

Figure 5 presents an illustrative wall— indicated Mach number 
distribution measured on the center line of the upper— and 
lower-surface nozzle wall for representative operating conditions. The 
theoretical curve for the supersonic region was obtained from the 
characteristic calculations; whereas the curve for the subsonic region 
was obtained from one-dimensional isentropic— flow relations. This 
-procedure for the subsonic region appears Justified because of the 
relatively low rate of change of cross-sectional area with distance in 
the vicinity of the throat. The data from the upper and lower surface 
both agree reasonably well with the theoretical distribution, but 
individually indicate a small systematic asymmetry between the upper 
and lower surfaces. Because of the .temporary nature of these nozzle 
plates and the relatively good quality of the flow in the test 
section, no attempts have been made to modify the nozzle contour. In 
an arbitrary length equal to the height of the test section, the 
maximum variation in Mach number along the wall ±0.007. 

The basic results of the axial survey are presented in figure 6 
for stagnation conditions of O.25 atmosphere, 110° F, and a dew point 
of —35° F. In order to indicate clearly the reproducibility of the . 
data, repeat tests are designated by flagged symbols. In addition, 
since the axial survey was conducted in two separate intervals, 
(stations 215 to 243.5 and stations 242.5 to 298) different symbols 
have been used for each interval. 

In order to indicate the accuracy with which the data from the 
transverse survey could be used for computing the axial survey, a 
representative set of hori zontal— f low angles (6g) computed from the 
transverse survey are shown in figure 6 together with the experimental 
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data. As can be seen from this figure, the agreement between the 
computed and measured values is excellent. 

In a discussion of the flow parameters in supersonic tunnels, some 
basic length for comparison must be assumed. Since, in general, the 
length of all models must be less than the height of the tunnel times- 
the cotangent of the Mach angle, this fundamental length ( 5-5 ft 
at M = 1.59 for the Langley 4 — by 4 — foot supersonic tun- .el) together 
with the present model length (2.5 ft) have been used for reference 
dimensions. The significant variations of the flow parameters as 
obtained from the longitudinal survey (fig. 6) are summarized in the 
following table : 


Item 

Test-section height x cot (3 

Model length 

Interval 

Stations 215 to 28 l 

Stations 235 to 265 

Maximum Mach 
number range 

I.585 to 1.604 

I.585 to I.595 

Maximum-hor i zontal— 
flow-bangle (0g;) 
range 

-0.05 to 0.20 

0 to 0.20 

Maximum-vertical— 
flow— angle ( 9 y) 
range 

-0.15 to 0.30 

0 to 0.30 

M ax i mum— p r e s s ur e— 
coefficient range 

-0.012 to 0.004 

-0.005 to 0.004 


Since the present model installation provides for angle-of— attack 
variations in a horizontal plane, Mach number variations in the 
position of representative wing locations have been computed' from the. 
axial survey. In the region of the wings for the first complete model 
installation, the variation in Mach number is ± 0.01 and takes place in 
a length of 26 inches (13 in. above and, below the tunnel axis). 

The results of the data obtained from the transverse survey at 
station 24 l are shown in figures 7 to 9 and are summarized for a length 
of 26 inches in the following table: 
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Location 

Item 

3 

9n inches 

4 

above tunnel 
center line 

On tunnel 
center line 

9^ inches 

below tunnel 
center line 

Maximum Mach 
number range 

1.595 to 1.601 

I.58I to I.59I 

1.591 to 1.597 

Maximum-hori zontal— 

a 



flow-angle (0 h) 
range 

-0.13 to 0.05 

-0.03 to. 0.22 

a -0.05 to 0.15 

Maxiraum-ver t i cal— 




flow-angle (0y) 
range 

-0.25 to 0.10 

• 

-0.06 to 0.20 

0 to 0.18 


incremental values. 


On the "basis of the data of figures 6 to 9 and- the tabulated 
values presented herein, the general— flow properties in the test 
section are considered to have a relatively high degree of uniformity, 
and are suitable for aerodynamic testing. 


MODEL AND INSTALLATION 


The test model was constructed from steel to coordinates 
presented in table I and is shown in figure 10. The basic model 
(without canopies) is a body of revolution having an over— all length 
of 30.267 inches and a fineness ratio of 9-4 without canopies. The top 
and bottom canopies are removable so that the fuselage can be tested as 
a body of revolution. The aft part of the fuselage is integral with 
the supporting sting. During the initial phases of the test program, 
the supporting sting had a 10° cone angle beginning essentially at the 
rear of the model. The sting was modified during the test program to 
approximately a 3° cone angle (fig. 10), the equivalent of a constant- 
stress condition for the first 4 inches of the sting. The pressure 
orifices were located at various radial positions at nine basic 
stations of the model as shown in figure 10. In addition, one compre- 
hensive longitudinal row of orifices was located along the upper 
surface (0 = l80°) of the basic body (no canopies). For the fuselage 
with canopies installed, the orifices located at approximately I5O 0 
were moved to the canopy Juncture. The pressures were photographically 
recorded from multiple— tube manometers filled with Alkazene 42. This 
manometer fluid, having a specific gravity of approximately 1.75, was 
found particularly suited for these tests because of its extremely low 
vapor pressure and low viscosity. 
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The installation of the body of revolution in the tunnel is shown 
in figure 11. A scale drawing of the installation showing principal 
dimensions is presented in figure 12. The angle of attack was varied 
in a horizontal plane through fixed increments by rotating the model 
about the 59 -percent position of the fuselage. 


TESTS, CORRECTIONS, ANT ACCURACY 
Tests 


The basic pressure data were obtained for the fuselage as a body 
of revolution and with canopies for an angle-of-attack range from - 5 ° 
to 10° at a Mach number of I .59 and a Reynolds number of 2.60 x 10^ 
based on the fuselage length. This Reynolds number and Mach number 
condition corresponds to full-scale similarity at an altitude of 
116,000 feet. The aerodynamic data were obtained at tunnel-stagnation 
conditions of: Dew point,. -35° F; pressure, O .25 atmosphere; and 

temperature, 110° F. 


Corrections and Accuracy 

Since the magnitude of the flow angle, Mach number, and pressure- 
coefficient gradients are small in the vicinity of the model, no 
corrections have been applied to the data. It is estimated that the 
accuracy of the data is as follows : 


Mach number . . 

Angle of attacks 

Geometric measurement (probable error) 

Maximum flow irregularity 

Angle of yaw: 

Maximum flow irregularity 

Absolute pressure coefficient 

Variation of radial pressure coefficient 


± 0.01 


+0 

- 0.20 


+ 0.30 

.-0 

±0.010 

± 0.005 


PRESENTATION OF RESULTS 


The basic data obtained during the pressure tests of the fuselage 
as a body of revolution and with canopies are' presented in figures 13 
and 14, respectively, as a function of radial location for nine repre- 
sentative stations along the fuselage. The actual data presented in all 
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the figures have been tabulated in tables II to 17 with additional data 
obtained during these tests but not used in analysis tabulated in 
tables V to VII. Where two columns are listed for a given angle, the 
data in the first column indicate the original sting configuration and 
the data in the second column indicate the modified— sting configu- 
ration. In order to prevent considerable overlapping of data, a large 
portion of the modified— sting data was hot presented in figures 13 
and lk. In all cases, however, the data omitted agree within about 
0.007 in pressure coefficient with the data presented. All the data 
indicated in the figures by flagged symbols have been obtained with the 
modifiedr-sting configuration. In order to compare the fuselage data 
with available theoretical calculations, the data for the fuselage as a 
body of revolution have been replotted in figure 15 as a function of 
the product of the angle of attack and the cosine of the radial 
angle (a cos 0). At each station along the body, a comparison has been 
presented with the linearized theoretical results of Von Karman and - 
Moore (reference 3) and Tsien (reference k). In this comparison, the 
linearized pressure coefficient has been defined as minus twice the 
axial perturbation velocity expressed in terms of the free— stream 
velocity. No theoretical results have been presented for station h- 6 . 2 
because of the location of this station at a region of discontinuity of 
slope of the fuselage profile. No comparison is presented for 
station 93.5 because of the limited amount of data available and 
because of the probability of the sting materially affecting the 
results at this station. In addition, the theoretical nonlinear 
results for flow about a cone have been obtained from reference 5 for 
zero angle of attack and reference 6 for angle of attack and are 
included for station 5*6. Figure l 6 compares the experimental axial 
pressures over the body of revolution for zero angle of attack with the 
linearized results of reference 3 and the nonlinear results obtained by 
the method outlined by Ferri (reference J). For the present comparison, 
the effects of the shock curvature at zero angle of attack were 
estimated to be very small and hence neglected. A comparison of the 
experimental and linearized theoretical pressures over the upper 
surface of the body of revolution at angles of attack is presented in 
figure 17. Figure l 8 presents a comparison of the pressure distri- 
bution over the upper surface of the canopy at zero angle of attack 
with two approximations for estimating these pressures. A limited 
amount of the experimental pressure data over the upper canopy for a 
range of angles of attack is presented in figure 19 . 


DISCUSSION 


A direct comparison of the experimental data with the linearized 
theories of reference 3 reference k can be made from an examina- 
tion of figure 15 ; in addition, a semi quantitative comparison with all 
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available nonlinear theories for bodies of revolution at small angles 
of attack is also evident. This generalized comparison results from 
the fact that such inviscid nonlinear theories as those of Ferrari 
(reference 8), Stone (reference 9) } and Ferri (reference 10) 1 

investigate the problem from a viewpoint of considering the effects of 
a superposition of small perturbations of yaw velocities on the basic- 
zero— yaw configuration. In essence, the basic-6pherical— coordinate 
velocities are represented by Fourier series of the form (see 
reference 6) 


u = u + a 


v = v + a 


and 


w = a ^ 

n=0 

where the barred quantities indicate the zero yaw condition and the 
unbarred quantities represent the yawed condition. Since in each 
analysis, terms of the order of a ■? and higher are neglected, it. is 
shown (reference 9) that, for the solution to be compatible with the 
boundary conditions, the Fourier coefficients for u, v, and w must 
be zero for n 0 1 and the equations reduce to 

u = u + ax^ cos 0 
v = v + ay-^ cos 0 
w = az^ s in 0 

With the velocities expressed in this form, it is possible to ' 
obtain a similar form for the pressure— coefficient variation (refer- 
ence 9 ) : 


oo 

E*n cos n0 


n=0 


oo 

^ 7n cos n0, 


n=0 


z n sin n0 


P = P + APa cos 0 
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where AP depends solely on the body geometry and the free— stream 
Mach number. Though this discussion applies rigorously in the case of 
yawed cones where the shock curvature is zero (station 5.6), it is 
equivalent to neglecting the shock curvature in the method of Ferri 
(reference 10). If the effects of shock curvature are considered, then 
the quantity AP must depend, to some degree, on the angle of attack. 
This dependence would result in a separate straight line (fig. 15) for 
each angle of attack with the inclination of each line rotating about 
the pressure coefficient at a cos 0=0. For the Mach number and the 
angles of attack of this investigation, the effect of the shock curva- 
ture on the comparison of the pressures is small. It is estimated that 
this effect is exactly zero for the first three stations and the line- 
arity of the pressure data presented in figure 15 shows a direct 
comparison with the theory of reference 10 for stations 5.6, 11.0, 
and 22.0. For the lower angles of attack, the comparison is again 
directly applicable to station 34.6. For the highest angles, small 
effects of shock curvature may be present. From an examination of 
figures 15(a) and 15(b) it can be seen that, in general, good agreement 
exists over the upper and lower surfaces (extremities of the curves), 
and the maximum discrepancy between experiment and theory occurs 
at 0 = 90° (a- cos 0=0). Since the theoretical pressure at this 
location throughout the body is independent of shock-curvature effects, 
then the disagreement of each experimental curve with the theory in this 
vicinity must be a direct indication of the effects of the higher-order 
terms of the angle of attack, (it should be noted that the vertical 
shift of the linear-theory curves at a cos 0 = 0 to account for non- 
linear considerations can be easily determined from fig. l6). Further^ 
more, since shock— curvature effects can only correspond to variations 
in slopes of the theoretical curves, the curved nature of the experi- 
mental trends must again be the effects of the higher^-order terms of 
the angle of attack. Therefore, it is concluded that the shock- 
curvature terms are of secondary importance to the angle— of— attack 
terms in affecting the pressure-coefficient comparison presented in 
figure 15. If, however, any considerations of lift and moments are 
made, then the shock curvature may be of greater significance since 
these quantities depend directly on AP. 

In general, relatively good agreement exists (fig. 15) between the 
experimental and theoretical results throughout the body length for 
small angles. As noted previously, the agreement is best on both the 
top (0 = l80°) and the bottom (0 = 0°) surfaces. At station 5.6, 
though the agreement with the theories of references 3 , 4, 9 > and. 11 
is good for the low angles of attack, the disagreement becomes quite 
pronounced, as might be expected, at the highest angle of attack, 10°. 
Though no calculations have been made to determine the angle for shock 
detachment, it can be readily reasoned that the shock remained attached 
throughout the angle— of— attack range and that discrepancies between the 
experimental and theoretical results again indicate the limitations of 
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the theory. As might he expected, the discrepancies between the theory 
and experiment begin at lower angles of attack as the rear of the body 
is approached. Towards the midsection and the rear of the body, the 
radial pressure variation is extremely small for low angles of attack, 
and the exact nature- is beyond the precision of the tests. It is 
interesting to note that after approximately the 45— percent— fuselage 
station, the radial pressure distributions resemble much more closely 
the shape to be expected from an infinitely long, yawed, circular 
cylinder . 

Though only a limited amount of data are available at the 93-5 per- 
cent station, there appears 'to be a significant effect of the original 
sting on the last— station data for angles of attack of 2° and 4° but 
which disappears at 5 ° and above. This discrepancy can be associated 
with the original sting since reducing the sting angle resulted in a 
decrease in the compression over the sting and hence a reduction in the 
pressures over the extreme rear of the body. 

A more graphic visualization of the flow over the fuselage can be 
seen from figure 1 6 for zero angle of attack and over the upper 
surface (0 = l80°) of the fuselage for other angles from figure 17. 

The close agreement between the linear and nonlinear theories for the 
body at zero angle of attack would be expected in this Mach number 
range as shown for the conical nose by the calculations presented in 
reference 11 . Though slightly better agreement is shown between the 
experimental data and the nonlinear theory, good agreement exists 
between both the linear and nonlinear theories and the experimental 
data for zero angle of attack up to about station 85. .Beyond this 
point, the linearized theory indicates a rapid expansion; whereas the 
experimental data indicate a small axially symmetric separated region 
at the rear of the body. This separated region is quite probably 
caused by or materially influenced by the sting support. In comparing 
the experimental and theoretical curves, it should be noted tha t the 
surface slopes in the region between station 8.2 to station 20.9 
and station 86.9 to station 100 were graphically determined from faired 
curves and, as such, the theoretical trends are considered more signifi- 
cant than the explicit values presented. For angles of attack up to 6°, 
the agreement between the linearized calculations and the experimental 
data remains good (-f,ig. 17 ). At the last station there appears to be a 
slight sting effect for 4 ° and a somewhat larger effect for 2°. It 
should also be noted that good agreement exists for the upper surface 
at —5° angle of attack (under surface for 5 °). For 10 ° angle of 
attack, the flow over the upper surface at the rear of the body is at 
a much lower pressure than indicated by theory. It is quite probable 
that the flow is separated and influenced to a large degree by the 
under— surface pressure. Since the flow over the body at positive 
angles of attack is of a spiral nature from the lower surface at the 
front to the upper surface at the rear, it is possible that the 
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boundary layer accumulates at the rear of the upper surface and 
separates. Since the lower surface would have very low pressures at 
the rear (see, for example, the -5 curve), these low pressures on the 
under surface could be transmitted to the upper surface through the 
separated boundary layer. 

A comparison of the fuselage data with and without canopies 
(figs. 13, 14, l6, 17, 18, and 19) indicates expected trends. From a 
v comparison of the curves of figures 13 and 14, it can be seen that 
there is 'no effect of the canopies on station 5.6; at station 10. 9, the 
effect of the upper— surface canopy is to change markedly the pressures 
over the fuselage between radial locations of 90° and l80° with a high 
positive— pressure peak resulting on the abrupt increase in slope along 
the canopy windshield. At station 22.0, the effect of the canopies 
(both upper and lower) is felt on the pressures over the entire station 
though not to a very large degree between 0° and 6 0°. This, however, is 
just a coincidence for this particular configuration. Further rearward, 
there are no pronounced changes in pressures for the canopy configu- 
ration. This probably can be seen more clearly for the upper surface 
for zero angle of attack from figures 1 6 and 18 and for an angle of 
attack from figures '17 and 19. 

In order to estimate the pressures over canopies and other protu- 
berances for structural design of these components, two approximations 
were made which predicted the distribution over the upper surface of 
the upper canopy for zero angle of attack surprisingly well. In 
presenting these results, it is realized that there is no rigorous 
basis to expect agreement between the calculation and the data. From 
physical considerations, however, it appears that the two approxima- 
tions would be expected to combine to give a reasonable result in many 
practical applications. In order to calculate the flow over the upper 
surface of the canopy for zero angle of attack, the fuselage .was 
assumed to be a body of revolution with the canopy extending completely 
around the body. The pressure distribution was then calculated by the 
method of reference 3 and the results (method 1, fig. 18) show fairly 
good agreement with the experimental pressures except in the region of 
the canopy windshield. The overestimation of the pressure in this 
region by this method should be expected. The magnitude of the peak 
pressure on the canopy windshield was then estimated by assuming the 
windshield to be a body of revolution about the fuselage element inter- 
secting the windshield in the l80° radial location. Using the 
Mach number of the flow over the region ahead of the canopy, the 
pressure on the windshield was determined from linear! zed-cone calcu- 
lations and is shown as method 2 in figure 18. The agreement with the 
observed pressure is good. Hence by a combination of the two methods, 
the pressures over the top of the canopy can be estimated for most 
structural— design purposes. 
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CONCLUSIONS 


Pressure-distribution tests of a supersonic— aircraft fuselage with 
and without canopies (body of revolution without canopies) have been 
conducted in the Langley 4— by 4— foot supersonic tunnel at a 
Mach number of 1.59 and a Reynolds number of 2.60 X 10°. These data 
were obtained upon completion of a series of calibration tests of the 
nozzle at a Mach number of 1.59* The results of the calibration and 
pressure-distribution tests indicate the following conclusions : 

1. The general— flow properties in -the test section are considered 
to have a relatively high degree of uniformity and are suitable for 
aerodynamic testing. 

2. For the fuselage without canopies (body of -revolution), good 
agreement of the experimental data with both linear and nonlinear 
theoretical calculations was obtained at zero angle of attack up to 
85 to 90 percent of the fuselage length. At distances greater than 
90 percent, a generalized conclusion was not possible because of 
separation which was caused or aided by the sting. 

3 . A similar comparison for angles of attack up to 6 ° indicates 
that the axial agreement between the experimental data and the' line- 
arized theory remained good over both the upper (0 = l 80 °) and the 
lower (0 = 0 °) surfaces. 

4. The theoretical variation of pressure coefficient with a cos 0 
(a parameter used in computing the pressures around bodies of revolu- 
tion at small angles of attack) agrees reasonably well with the experi- 
mental data. However, small but measurable discrepancies (occurring 
principally on the side of the body, 0 = 90 °) which increase with angle 
of. attack were observed. These discrepancies indicate the relative 
importance of the squares and higher-order terms of the angle of attack 
and the viscous terms which are neglec-ted in all theories presently 
available for small angles of attack. 

5 . For the complete fuselage configuration (with canopies), a 
localized positive— pressure peak existed over the windshield. This 
peak, together with the remainder of the pressures on the upper 
surface (0 = 180 °) of the canopy, can be estimated with sufficient- 
accuracy for most structural-design purposes. 


Langley Aeronautical laboratory 

National Advisory Committee fdr Aeronautics 
Langley Air Force Base, Va. 
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TABLE II.- PRESSURE-COEFFICIENT . DATA (PRESENTED IN FIG. 13) 


FOR THE FUSELAGE AS A BODY OF REVOLUTION 


Station 

Radial 

Angle of attack 

(percent) 

9 

^5 

-9 

0 

0 

2 

2 

k 

k 

6 

6 

10 

10 

5.6 

0 

0.129 

CO 

ro 

H 

• 

O 

0.194 

0.201 

0.224 


0.261 


0.303 

■ 

MR 

0.387 

• 

60 

.148 


.198 


.212 


.225 


.236 

■ 

■IK 

.257 


90 

.179 


.200 


.195 


.192 


.186 

1 


• 155 


120 

.230 


.200 


.183 


-.l66 


.147 

■ 


.094 


180 

.283 


.200 


• 173 


.148 


.131 

II 

Use 


180 










I 

BigE 


10.9 

0 

.087 


' .1 46 

.152 

.179 


.213 


.2 If 6 


.326 

.332 


60 

.107 


.148 


.161 


.172 


.181 


.188 

.196 


60 





a .174 








90 

.187 

.144 

.156 

.158 

.150 


.148 


•135 

.135 

.098 

.106 


120 


.163 

.142 


.131 

.121 

.104 

.103 

.056 

.055 


180 

.199 

.213 

.I56 


.126 


.099 

.089 

.078 

.064 

.038 

.033 

22.0. 

0 

-.085 


-.056 



-.039 

-.017 


.001 

-.006 

.050 

.057 


60 

-.085 


-.052 

-.057 

-.054 



-.043 

-.042 

-.037 

-.038 

-.034 


120 

-.048 


-.054 


-.066 



-.077 

-.089 

-.087 

-.123 

-.119 


147 

022 


-.052 


-.068 



-.083 

-.087 

-.091 

-.102 

-.111 

. 

180 

-. 007 . 


-.056 


-.070 


-.080 


-.078 

-.104 


. 

180 










-.104 


34.6 

0 

-.028, 


-.018 

-.015 

-.011 


.001 


.019 


.054 

.059 


60 

-.038 


-.014 


-.017 



-.017 

-.023 




90 

-.038 


-.012 


-.021 



-.027 

-.01* 


-.092 

-.091 


120 

-.022 


-.012 


-.021 



-.029 

-.042 

-.041 

-.080 

-.077 


153 

.001 

.010 

-.018 

-.011 

-.027 

-.021 

-.031 

-.023 

-.034 

-.029 

-.041 

-.034 


180 

.015 


-.012 


-.021 


-.023 


-.019 


-.017 

L6.2 

0 


3 -. 040 



a 

l — . 041 









90 

-.069 

-.063 

-.041 

-.047 

-.050 


-.048 

-.055 


-.071 

-.121 

-.125 


120 

-.050 


-.031 

-.045 

-.046 


-.049 

-.053 


-.059 

-.098 

-.095 


158 

-.032 

-.013 

-.047 


-.050 


-.049 


-.050 

-.037 

-.062 

-.040 


180 

-.032 

-.008 

-.047 


-.050 


-.051 


-.050 

-.033 

-.060 

-.038 

■ 59.7 

0 

-.028 

-.019 

-.027 


-.036 

-.033 

-.027 


-.025 


-.005 

.005 


90 

-.046 

-.043 

-.025 

-.027 

-.030 


-.035 


-.052 

BBS® 

-.102 

-.093 


120 

-.039 


-.022 

-.031 

-.030 


-.031 

-.035 

-.052 

§1*50! 

-.086 

-.081 


158 

-.034 

-.031 

-.035 


-.036 

-.031 

-.035 


-.028 


-.040 

-.024 


180 

-.024 


-.035 

-.031 

-.034 


-.031 


-.021 


-.009 

-.012 

73-1 

0 

-.069 

-.043 

-.058 


-.062 

-.057 

-.056 

-.051 

-.046 


-.035 

-.028 


60 


-.052 

-.055 

-.058 


-.062 


-.070 

1 

-.107 

-.103 


90 

-.081 


-.056 


-.062 


-.072 


-.091 


-.117 

-.113 


120 

-.073 


-.O56 


-.060 


-.060 


-.072 

■ 

-.109 

HT33I 


158 

-.052 


-. O56 


-.054 


-.053 


-.042 


-.072 

-.069 


180 

-.048 


-.058 


-.058 


-.056 

-.051 

-.046 

i 

-.050 

-.040 

84.3 

0 

-.022 


-.037 

-.041 

—.046 


-.047 


-.042 


-.035 

-.032 


60 

-.048 

-.043 

-.043 


-.048 


-.049 

-.053 


-.067 

-.096 

-.093 


90 

-.063 

-.057 

-.043 


-.046 


-.051 

-.053 

-.069 

-.069 

-.092 

-.093 


120 

-.065 


-.045 


-.046 


-.056 

-.053 

-.046 

-.043 

-.092 

-.073 

93.5 

0 

-.097 

-.098 

-•035 

-.047 

-.054 

-.070 

-.112 

-.125 

-.128 

-.126 

BP 

-.121 


120 


-.138 

-. 03 ? 

-.053 

-.056 

-.070 

-.100 

-.111 

-.105 

-.110 

Bti 

Hfifii 

-.134 


®Data obtained from model symmetry conditions. 
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TABLE V.- SUPPLEMENTARY PRESSURE-COEFFICIENT DATA 
FOR THE FUSELAGE AS A BODY OF REVOLUTION 
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TABLE VI.- SUPHIMENTARY PEffiSSURE— COEFFICIENT DATA 
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TABLE VTI SUPPLEMENTARY PRESSURE-COEFFICIENT BATA 
FOR THE FOSELAGE WITH CANOPIES 


Station 
( percent ) 

Radial 

angle 

0 

Angle of attack 

-3 

-e 

8 

•5.6 

0 

0.151 

0.165 

0.342 


60 

• 171 

.181 

.232 


90 

.189 

.193 

.156 


120 

.222 

.213 

• 117 


180 

.249 

.229 

.105 

10.9 

0 

.110 

.122 

.289 


60 

.130 

.132 

.187 


90 



.117 


lgo 

.212 

.201 

.109 


180 

Aik 

.396 

.219 

22.0 

0 

— .066 

-.061 

.042 


60 

-.045 

-.042 

-.013 


120 

-.062 

-.063 

-.068 


147 

-.106 

-.111 

-.127 


180 

-- -* 

-.127 

-.136 

-.180 

34.6 

0 

-.023 

-.020 

.052 


60 

-*•031 

-.028 

-.021 


90 

-.031 

-•030 

-.088 


120 

-.027 

-.022 

-.099 


153 

-.027 

-.030 

-.066 


180 

-.026 

-.034 

-.035 

46.2 

90 

-.059 

^.058 

-.127 


120 

-.045 

-.050 

-.113 


. 158 

.002 

-.010 

-.029 


180 

-.006 

-.010 

-.017 

. 59.7 

0 

-.039 

-.042 

-.023 


90 

-.031 

-.028 

-.078 


. 120 

-.033 

-.026 

-.048 


158 

-.025 

-.026 

-.025 


180 

-.023 

-.026 

-.023 

73.1 

0 

-.045 

-.046 

-.033 


60 

-.053 

-.050 

-.080 


90 

-.062 

-.058 

-.101 


120 

-. 05 'r 

-.054 

-.074 


158 

-.025 

-.026 

-.033 


180 

-.017 

-.018 

-.013 

84.3 

0 

-.041 

-.046 

—.066 


60 

-.055 

-.054 

-.088 


90 

-.057 

-.052 

-.088 


120 

-.057 

-.054 

-.070 
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Figure 1.- Pictorial drawing of the Langley 4- hy 4-foot supersonic tunnel. 
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(b) Three -quarter -front view of cruciform probe. 



(c) Pitot-static probe. 


Figure 3*~ Calibration probes. 
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F igure 4 - Variation of local Mach number with dew point 
for representative stations along the nozzle axis of the 
Lang ley 4 - by 4- foot supersonic tunnel for stagnation 
conditions of I/O degrees F and 0-25 atmospheres ■ 
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Figure 11 .- Downstream view of the body of revolution in the Langley 4- by 4-foot supersonic tunnel. 
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Figure td~ Model and support installation. 
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Figure I8.~ Experimental and estimated pressures over the fuse/ag< 
with canopies ,0= / 80°, for an angle of attach of z.ero degrees . M=/.S9, 
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